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Abstract

This paper presents two technology experiments – the plasma brake for deor-

biting and the electric solar wind sail for interplanetary propulsion – on board

the ESTCube-2 and FORESAIL-1 satellites. Since both technologies employ

the Coulomb interaction between a charged tether and a plasma flow, they are

commonly referred to as Coulomb drag propulsion. The plasma brake operates

in the ionosphere, where a negatively charged tether deorbits a satellite. The

electric sail operates in the solar wind, where a positively charged tether pro-

pels a spacecraft, while an electron emitter removes trapped electrons. Both

satellites will be launched in low Earth orbit carrying nearly identical Coulomb

drag propulsion experiments, with the main di↵erence being that ESTCube-2

has an electron emitter and it can operate in the positive mode. While solar-
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wind sailing is not possible in low Earth orbit, ESTCube-2 will space-qualify

the components necessary for future electric sail experiments in its authentic

environment. The plasma brake can be used on a range of satellite mass classes

and orbits. On nanosatellites, the plasma brake is an enabler of deorbiting –

a 300-m-long tether fits within half a cubesat unit, and, when charged with

�1 kV, can deorbit a 4.5-kg satellite from between a 700- and 500-km altitude

in approximately 9–13 months. This paper provides the design and detailed

analysis of low-Earth-orbit experiments, as well as the overall mission design of

ESTCube-2 and FORESAIL-1.

Keywords: Coulomb drag propulsion, plasma brake, space debris, deorbiting,

electric solar wind sail, ESTCube-2, FORESAIL-1, space sustainability
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1. Introduction

The era of artificial satellites began in the middle of the 20th century with

the launch of the first object into orbit [1]. The Space Era provided fascinating

opportunities to bring new technological, social, economic, and safety (mili-

tary/defence) aspects into people’s lives. However, along with these opportuni-5

ties, it also brought uncontrolled man-made space objects, the quantity of which

is presently rapidly growing. Consequently, the risk of collisions with functional

satellites is increasing. Moreover, it also creates the risk of uncontrolled re-entry

of upper-stage rockets, final-stage vehicles, satellites, and parts of these over-

populated or industrial areas. In the cases of heavy and large enough objects,10

or those made out of materials with high melting temperatures, the probability

of surviving travel through Earth’s atmosphere is considerable [2].

A study by the Inter-Agency Space Debris Coordination Committee has

shown that the population of space debris will increase due to collisions, even if
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nothing new is launched [3]. Each collision can create thousands of new items15

of debris that will consequently result in more collisions. This phenomenon is

known as the Kessler syndrome. Collisions equivalent to the tragic one between

Cosmos 2251 and Iridium 33 are predicted to take place every five to nine

years [4]. More evidence comes from the recent collision of a centimetre-sized

particle with a solar panel on the Sentinel-1A satellite [5].20

New missions are being developed and will be launched in the upcom-

ing years, and the launching of spacecraft fleets and constellations will con-

tinue. A number of private companies obtained licensing from the Federal

Communication Commission (FCC) to launch thousands of global internet-

provision satellites to non-geostationary-satellite orbits. While there are no25

doubts about democratisation of information and global internet access benefit-

ing society, these constellations are planned to be accommodated in Low Earth

Orbit (LEO) which raises the question of the future sustainability of the LEO

environment [6, 7]. For instance, the simulations of the proposed constellations

by OneWeb (720 satellites at 1200-km altitude) and SpaceX (1664 satellites at30

1150-km altitude) give a probability of one dramatic collision every five years

with probabilities of 5% and 45.8%, respectively [8]. A SpaceX Starlink con-

stellation might reach 4425 satellites in orbital planes varying between 1100 km

(inclination 53.8�) and 1325 km (inclination 70�) [9]. SpaceX’s most recent re-

vised plan, which was submitted to the FCC, requested 1500 satellites to be35

operational at 550 km, and the latest request was approved for an additional

7518 satellites in altitudes between 335 km and 348 km [10], which in some ways

represents the company’s awareness of the space debris issue.

The fact that the launching cost of nano- and picosatellites is typically higher

than building them has escalated an enormous interest in low-cost small launch40

vehicles. Around 40 emerging small booster systems with payload capacities

ranging from 5 kg to 800 kg are under development, and some are currently

operational [11]. About the same number of launch vehicles are either in the

study phase or public information about them is absent [11]. The trend indicates

the global market’s need to launch a single or small number of flight-sharing45
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smallsats into LEO. The estimated cost per kilogram varies between e10k and

e68k [11], but the goal is to reduce this further, which might increase demand

in the launch market.

Aforementioned facts indicate the elevated probability of a radical increase in

space debris population in LEO. The issue of ever-increasing debris is regulated50

by the limited orbital post-mission lifetime of 25 or 30 years after launch for all

satellites in LEO [12]. Debris prevention guidelines are under development by

the United Nation’s Committee on the Peaceful Uses of Outer Space; however

the policies are not legally binding. Furthermore, recommendations have not

been adopted at the national level; thus there is, to date, no e↵ective mechanism55

to globally control the future growth of space debris.

Many space debris mitigation techniques have been proposed in recent years.

Present and potential space junk can be fought o↵ by a Post-Mission Disposal

(PMD) device included on board a satellite, or by Active Debris Removal (ADR)

concepts [13] by employing a dedicated satellite or a system to deorbit non-60

functional objects. Alternative futuristic ideas are built on recycling valuable

materials (e.g., aluminium, titanium, solar panels, empty tanks) by delivering

them to the vicinity of human space camps on Mars or other planetary bodies.

The PMD of a satellite can be achieved by lowering orbital altitude with fur-

ther burning in the upper stages of the atmosphere, or by controlled re-entry.65

In rare cases, removal can be achieved by the manoeuvring of the satellite to

disposal orbits above LEO or geosynchronous orbit. However, when accounting

for potential future large constellations, even with 90% PMD success, the popu-

lation of debris will still grow in the long term and with 50% PMD will provide

a catalyst for detrimental population increase [6]. Hence, the need to eliminate70

further increase of nonfunctional objects is obvious. Any mission that poten-

tially creates a risk of increasing the debris population should include PMD

means and bed designed for demise when applicable [14, 15].

Among ADR capturing techniques are nets, harpoons, robotic arms with

a clamping mechanism, contactless deorbiting via employment of an ion beam,75

and magnetic capture mechanisms. The European Space Agency (ESA) e.Deorbit
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mission is planning to test a net/harpoon-based ADR on a nonfunctional 62.5 m3

Envisat satellite in 2023 [16, 17]. Recently, the RemoveDEBRIS mission showed

successful in-orbit harpoon and net utilisation [18]. Commercial deorbiting ser-

vices can potentially be executed by companies like D-Orbit and Astroscale.80

Conventional PMD can be achieved by implementing propulsion, for instance

electrical (which has a high power consumption) or chemical (which is heavy).

Such solutions would require a fully functional satellite at the end of the mission.

Alternative PMD deorbiting concepts may be competitive options compared to

conventional propulsion systems in terms of required mass fraction [19]. Among85

proposed novel and alternative methods are passive and active electrodynamic

drags [20], deorbiting sails [21], parachutes [22] and Coulomb Drag Propulsion

(CDP) plasma brake deorbiting [23, 24]. Relatively thick electrodynamic tethers

create a high risk of collisions. The aerodynamic sail has a complicated deploy-

ment system and can be easily damaged by micrometeoroids and subsequently90

increase the amount of small debris. The sustainability of the aerodynamic

brake has to be considered because the method does not decrease the area–time

product, and hence it might not lower the probability of collisions [25]. The

CDP plasma brake is a lightweight, small, scalable and e↵ective deorbiting con-

cept. Moreover, it is safe for other space assets, even if an unavoidable collision95

with the tether occurs. However, the CDP has not yet been demonstrated in

orbit. A simplistic overview of deorbiting systems in shown in Figure 1.

Mass

Power

Safety riskCost

Deorbiting
time

Chemical propulsion

Electrical propulsion

Electrodynamic tether

Aerodynamic sail

CDP plasma brake

Figure 1: Simplistic comparative overview of deorbiting modules. The CDP is the pentagon

in the middle.
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The first voyage of the CDP experiment to LEO was on board the ESTCube-1

and then Aalto-1 satellites. ESTCube-1 was operated until 2015 without suc-

cessful tether deployment, possibly due to the reel being jammed or failed reel-100

lock release [26]. Aalto-1 [27] is currently active in orbit as of June 2019, and

the tether deployment experiment has commenced and is ongoing. ESTCube-2

and FORESAIL-1 represent a new generation of CDP satellites which follow the

troubleshooting philosophy of their ancestors. Historically, tether deployment

in space is a challenging task [28].105

Here we present CDP for deorbiting in LEO on two upcoming cubesat mis-

sions – ESTCube-2 and FORESAIL-1. The paper is organised as follows. Sec-

tion 2 presents the experiment design, requirements, deployment method, and

the tether design. Section 3 shows the system performance and risk assessments.

Sections 4 and 5 provide descriptions of ESTCube-2 and FORESAIL-1 architec-110

tures, respectively, and present other payloads. Section 6 provides information

about the possible scaling and alternative applications of CDP. Conclusions are

provided in Section 7.

2. Experiment requirements and design

The CDP experiment is being developed at the Finnish Meteorological In-115

stitute. The purpose of the experiments is to deploy a long, thin tether, bias

it to a high voltage with respect to the atmospheric plasma, and measure the

resulting Coulomb drag. The voltage is negative, but on ESTCube-2 a positive

mode experiment is also being carried out. For deorbiting in LEO, the nega-

tive voltage mode is the baseline choice because it requires less power and does120

not need electron emitters. As shown in Figure 2, when negatively charged,

the CDP tether serves as a plasma brake that lowers the spacecraft orbit. For

electric sailing in the solar wind [29], positive voltage is preferred because it

enables a higher voltage to be used and does not have a significant interaction

with photoelectrons [30].125

The spacecraft is spun to stretch the tether with a centrifugal force, which
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Figure 2: Operational visualisation of CDP-based deorbiting in LEO. Maximum thrust is

achieved when the tether is perpendicular to the plasma ram flow.

dominantly applies to Tip Mass (TM). Deployment is assisted by tether reel

rotation, which itself is activated by a motor. Movement of the tether away

from the satellite during deployment causes a decrease in spin rate. Deploy-

ment is periodically paused so that the rotation can be accelerated. The spin130

rate is adjusted so that the tether tension remains within permissible bounds:

exceeding 0.3 cN to pull out the tether but not reaching the 3 cN tension limit

which might break the tether. In the case of ESTCube-2, the positive mode

experiment sequence will be carried out at a few tens of metres’ length, be-

cause when biased at high, positive voltage, a longer tether would gather more135

electron current than the experimental on-board electron emitter can provide.

After deployment, the tether is still tensioned by spinning. We measure the

Coulomb drag force by turning on and o↵ the tether voltage in sync with the

rotation and measuring the resulting change in the spin rate. Independently, we

can also determine the CDP thrust from the lowering of the orbital altitude.140

2.1. Requirements

The CDP experiment should support two modes of operation:
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1. Spin-Rate Modification (SRM) when the tether is charged either posi-

tively or negatively in synchronisation with the satellite’s rotation: the

spin rate increases when moving downstream and decreases when moving145

upstream. The change in spin rate during one polar pass is expected to

be ⇡0.1 deg·s�1 for the CDP negative mode; for the positive mode it is

expected to be ⇡0.06 deg·s�1. For more details see Subsection 3.1.

2. Deorbiting with the plasma brake when the tether is continuously charged

negatively. It is estimated that the satellite will deorbit by 10 km in six150

months with an unwrapped 30-m tether. E↵ective deorbiting requires at

least 150 m of deployed tether. For more details see Subsection 3.1.

The CDP payload should perform the following operations:

1. Reel out the tether at ⇠1 mm·s�1.

2. Charge the tether negatively.155

3. On board ESTCube-2, charge the tether positively and remove electrons.

4. Turn the charging on and o↵ in a seconds-long time frame (SRM mode).

5. Provide an angular momentum to deploy at least 30 m of the tether

(preferably all 300 m) starting from the initial 11 m, for which the an-

gular momentum is provided by the Attitude Determination and Control160

System (ADCS).

6. Keep the tether charged for a period of at least six months (deorbiting

mode).

The ADCS should support the CDP experiment with the following functions:

1. Provide enough angular momentum to deploy the first 11 m of tether165

without additional spin-up manoeuvres. The spin axis should be aligned

with the Earth’s polar axis with a pointing error of less than 3�.

2. Provision of additional angular momentum by the ADCS is optional. If it

is provided, the tether deflection angle (between the tether and the normal

of the satellite’s surface) should be less than 15�.170

3. Provide on and o↵ signals for charging the tether in synchronisation with

the satellite spin.
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4. Keep the tether tension between 0.3 and 3 cN.

5. Estimate a change in the magnitude of angular velocity of at least 0.1 deg·s�1

over 900 s (approximately two polar passes).175

6. Estimate a change in the orbital altitude of at least 10 km over six months.

The satellite platform should support the CDP experiment as follows:

1. Host the module of 0.5 kg and half a cubesat unit at one end of the

longitudinal axis.

2. Align tether’s attachment point with satellite’s centre of mass along two180

short axes if possible.

3. Provide 7 W of peak power during tether deployment (can be performed

with a low-duty cycle).

4. Provide 0.6 W of continuous power.

5. Provide experiment control and data interface with the On-Board Com-185

puter (OBC).

2.2. Tether

The tether consists of several conducting wires that are bonded to each other

to produce a redundant structure that withstands micrometeoroid impacts in

space. As a single wire would be cut in a matter of days in orbit, a tether can be190

engineered to have a desired lifetime under the expected micrometeoroid flux.

The thickness of the individual wires and the number of wires are dictated by the

applied tether voltage and the electron density of the given plasma environment.

The larger the surface area of the tether wires, the larger the electron current

the positive tether gathers. This dictates the mass of the high-voltage power195

system that maintains the tether voltage. The wire thickness is expected to be

30–50 µm. In the case of gold, a 300-m-long tether will weigh approximately

26 g, and about 2 g in the case of aluminium.

Two types of tethers and manufacturing processes are being developed for

the CDP. One is based on the di↵usion bonding of either silver or gold wires.200

The resulting tether has a few parallel wires and perpendicular wires resembling
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rungs in a ladder, which creates a multi-cell structure [31]. In LEO, silver is not

an optimal material due to fast erosion caused by ATomic OXygen (ATOX).

Gold and aluminium can resist ATOX. The absence of an oxide layer on gold

runs the risk of the cold welding during the launch. An alternative tether type205

is the “twisted wiring” method where individual bonds are made by twisting

wires around each other to produce a mesh (analogous to “chicken wire” used

in farming). This type of bond sets no limitation to the metal alloys that can

be used for tether production. While the method is widely used and robust

for everyday mesh and wire dimensions, it has not yet been demonstrated for210

wires in the µ-metre range or mesh sizes in the centimetre range. Recently,

we demonstrated the twisting method for the CDP tether dimensions at the

proof-of-concept level using a manually operated machine.

2.3. Deployment system

The key components of the tether deployment system are the tether reel, the215

tether chamber, the stepper motor, and the TM, shown in Figure 3. The stepper

motor is nested inside the tether reel, thereby avoiding any gearbox complexity.

The motor speed can be varied by microstepping to obtain a suitable out-reeling

speed for the tether and its TM. The tether reel and the motor are enclosed in

a chamber that has an opening for the TM. The opening is located on a short220

side panel of the satellite so that the TM is already in free space after its launch

locks have been burned. The TM serves as an auxiliary mass to keep the tether

stretched. It has a button-like shape, with the flat side being perpendicular

to the tether. The TM is a few centimetres in diameter, is made out of an

aluminium alloy, and weighs approximately 2–2.5 g.225

The chamber has three functions: to reduce the pull required for tether

deployment during the out-reeling, to shield the rest of the payload from the

high-voltage reel, and to shield the satellite from any broken tether fragments

should the tether break during the launch.

The diagnostics of the tether’s deployment systems consist of optical sensors230

that monitor the state of the launch locks and the status of the TM. There are
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Figure 3: Coulomb drag payload assembly. Coordinate system is in accordance with Figure 8.

two separate launch locks for the TM and a reel lock, which keeps the reel from

turning during payload integration and launch. They are released during the

commissioning phase. The TM monitoring systems are based on near-infrared

light-emitting diodes and photo transistors.235

The tether is angularly deflected from its nominal radial direction during the

reel-out stage. The deflected angle increases as a function of the deployment

speed. The deployment speed is determined by the satellite spin rate and the

mass of the TM. The required out-reeling speed for ESTCube-2 and FORESAIL-

1 is ⇠1 mm·s�1.240

2.4. High-voltage source

Two high-voltage sources are being developed for the CDP experiments. For

the plasma brake, the source provides a voltage of about �1 kV (negative mode).

A positive voltage source can be tuned with a maximum voltage of +5 kV for

the CDP experiment. The positive voltage is only applied in ESTCube-2 which245

is expected to have two types of electron emitters. One is the cold cathode

emitter introduced in Section 2.5. The other is a traditional hot cathode, which
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is used, for instance, in scanning electron microscopes. Grounding schemes for

both positive and negative CDP modes are shown in Figure 4. Note that the

cathode of the emitter is grounded to the satellite chassis, and only the tether250

is at a high voltage.

Two high-voltage converters are used to run the electron guns in the pos-

itive mode. The primary converter will be used for charging the tether. The

secondary converter will be implemented to the electron emitter assembly for

electron extraction (cold cathode) and acceleration. Its voltage can be adjusted255

from 0.5 to 2.0 kV. For the hot cathode gun, 0.5 kV is applied to kick the elec-

trons through the potential well of the tether. To extract the electrons from

the cold cathode, a voltage of about 2.0 kV is required. Both converters are

tunable; the emitter converter can be used to vary the electron current, and the

tether converter can be used for measuring the Coulomb drag as a function of260

the applied voltage.

For the negative mode, no ion emitter is required, as the ion current to

the tether is much smaller than the electron current in the case of positive

voltage. The primary converter generates a potential di↵erence between the

tether and a conducting surface area, which can be, for example, the satellite’s265

frame (ESTCube-2) or a deployable boom (FORESAIL-1). The conducting

area then collects electrons while in equilibrium. This settles to a low positive

potential with respect to the plasma, and the tether is maintained in the desired

negative potential.

+

+

Tether
Chassis

Electron gun
Anode

Cathode

+

1B

B2

A1 Tether
ChassisA)

B)

Figure 4: Schematic of the grounding for negative (A) and positive (B) CDP experiments.

Negative mode includes one converter and positive mode requires at least two.
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2.5. Electron emitter270

Initially, the electron emitter was developed at Dresden University of Tech-

nology as a neutraliser for the NanoFEEP propulsion system, which is a minia-

turised field emission electric propulsion thruster for small satellites. In order to

prevent spacecraft charging due to the emitted ion current, an electron source

with low power consumption is needed. A one-unit cubesat of the University of275

Würzburg (UWE4) with four thrusters and two neutralisers was launched in De-

cember 2018 and has been operational in LEO orbit since February 2019 [32].

As a spin-o↵, the electron source will be applied in the ESTCube-2 satellite.

The miniaturised electron source, with a footprint of only 15⇥13 mm2, is based

on technology used for cold-field emission of multi-walled Carbon NanoTubes280

(CNTs), shown in Figure 5. The CNTs were grown by chemical vapour depo-

sition and consist of multiple concentric tubes of arranged single-layer carbon

atoms that provide intense electrical-field enhancement due to their high aspect

ratio. Additionally, the nano-material is chemically inert, insensitive to ambient

pressure and contamination, highly electrically conductive, stable at high tem-285

peratures, and has a relatively low work function. These characteristics make it

ideal for application in a high-performance, low-power-consuming, cold electron

source for space applications [33]. For laboratory experiments, a triode configu-

ration with only one electrical potential between �500 V and �3 kV within the

CNT material is established (Figure 5). The extractor and the collector are kept290

at ground potential while a continuous electron current is emitted by the CNT-

material. Therefore, the electrical potential of the emitter slightly fluctuates,

due to the inconsistency in the direction of electron emission. The alignment

of the individual components and the mechanical design leads to a high trans-

missivity of 75 to 90% so that the electron losses at the extractor remain small.295

Long-term experiments, up to 500 h continuous operation at 120 µA emission

current, have demonstrated high emission stability with low degradation. Rel-

ative to the distance between the CNT material and the extractor, an ignition

potential of 500 V to 800 V is implemented, while the proposed current limit of

0.5 mA is reached at 1.5 kV.300
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Figure 5: Schematic illustration of the experimental arrangement (left) and photograph of the

miniaturised cold electron source (right) compared to a one-e-cent coin.

2.6. Deployment electronics

A two-phase bipolar stepper motor, phySPACE 19 (from Phytron), was cho-

sen for the tether-reel motor and will be used on ESTCube-2 and FORESAIL-1.

A stepper motor is the preferred choice, as it provides precise positioning and

high torque, while remaining robust enough for space applications. The stepper305

motor integrates two embedded thermocouples to provide accurate temperature

readings of motor windings.

The motor is driven by a Commercial O↵-The-Shelf (COTS) DRV8834 inte-

grated circuit driver from Texas Instruments. The circuit implements microstep-

ping, over-temperature lockout, and over-current and under-voltage protection.310

The motor power will be provided by a 5-V line that is regulated from the

battery voltage by two LTC3603 buck regulators. The nominal power con-

sumption of the payload is continuously about 7 W during reeling operations.

However, the reel-out process will be executed during a multi-stage process with

a few spin-up manoeuvres to compensate for changes in spin rate and to provide315

the required pull force. Thus, the total power consumption during reel-out is

flexible, and the exact execution procedure will be decided depending on the

available power.

An optical rotary encoder circuit will be used to track rotation speed and

positioning of the stepper motor. Control of deployment electronics will be dealt320

with by the CDP-experiment MicroController Unit (MCU).
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3. Performance estimation

3.1. Coulomb drag propulsion performance

The CDP plasma brake deorbiting technique taps momentum from the iono-

spheric plasma by employing a long, thin and conductive tether that is attached325

to the disposal object. The disposal object is typically an artificial satellite at

the end of its mission. The satellite moves through relatively immobile (in com-

parison to the 7–8 km·s�1 orbital speed) ionospheric plasma, and if the tether

is charged negatively, there results an interaction force between the tether and

the plasma ram flow, known as CDP plasma brake [23]. The Coulomb fric-330

tion slowly brakes the satellite orbital speed, consequently lowering the orbital

altitude.

A previous particle-in-cell simulation study obtained the thrust per unit

length calculation for a CDP plasma brake, which is given in Equation 1 [34].

dF

dz
= 3.864⇥ Pdyn

s
✏0Ṽ

e n0
exp(�Vi

Ṽ
) (1)

where Pdyn = min0v20 is the dynamic pressure, mi is the ion mass, and vi is the

plasma flow with respect to the satellite; Ṽ is given in Equation 2.

Ṽ =
Vw

ln (�e↵
D /r⇤w)

(2)

where r⇤w is the e↵ective electric radius of tether, �e↵
D =

p
✏0Vw/en0 is the335

e↵ective Debye length and Vi = miv20/2e is the bulk ion flow energy.

Using Equation 1 for the negative CDP experiment, the thrust per unit

length is approximately 86 nN·m�1, considering the tether’s width of 2 cm,

the single-wire diameter of 35 µm, the mean ion mass of 10 amu, and a �1-kV

voltage for the tether. However, the assumption is made for the ideal case where340

the plasma ram flow is always perpendicular to the tether. In reality, we expect

50–75% of the thrust value due to variations in the spin plane in relation to the

orbital vector. This means that, in some cases, for 25–50% of orbital time, the

tether will be nearly parallel to the satellite motion vector, resulting in near-zero

17



thrust. Hence, the final deceleration calculation requires an additional attitude345

factor varying between 0.5 and 0.75. This number requires further correlative

testing with flight results.

Resulting deorbiting rates for a typical three-unit cubesat (4.5 kg, which

approximately corresponds to ESTCube-2 and FORESAIL-1) are shown in Fig-

ure 6. The rate is assumed exclusively based on the CDP e↵ect for various de-350

ployed lengths. The atmospheric drag will also contribute to deorbiting, though

this is not included in these calculations. Due to uncertainties in the exact atti-

tude factor, the graph includes wide uncertainty ranges for each tether length.
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Figure 6: Expected deorbiting rates by the CDP for a three-unit cubesat (4.5 kg) with various

unwrapped tether lengths.

Besides technological limitations and engineering implementations, there are

environmental factors that play a role in Equation 1 and are hard to pre-355

dict. These factors include (i) ionospheric plasma density and distribution, and

(ii) the ion ratio of oxygen to hydrogen. Ionospheric plasma is distributed in a

somewhat chaotic manner at various latitudes, longitudes and altitudes, and it

also migrates. Migration is enhanced by solar activity. Hence, the prediction in
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Figure 6 might have some deviations, depending on space weather.360

Technology for positive CDP, widely known as the electric solar wind sail,

will be tested in the same environment. While the most e↵ective way to use the

electric sail is in the solar wind domain as primary propulsion, the main objec-

tive in LEO is to estimate the thrust of the system. The positive CDP tether

will interact with ionospheric plasma, resulting in a change in spin rate. The365

measured change will provide an estimation of the thrust value. The thrust per

unit tether length for CDP positive mode in LEO is expected to be 57 nN·m�1

for the ESTCube-2 system.

SRM mode is implemented when the tether is charged either positively or

negatively in synchronisation with satellite rotation: the spin rate increases370

when moving downstream and decreases when moving upstream. See Section 2

of [35] for more details. By using Equation 1 of [35], it is estimated that the

change in spin rate during one polar pass will be ⇡0.1 deg·s�1 and ⇡0.06 deg·s�1

while running the CDP experiment in negative and positive modes, respectively.

We have assumed the arm length to be 5.5 m (⇡11 m of tether deployed for the375

initial experiment); the expected CDP force to be 86 nN·m�1 and 57 nN·m�1

in negative and positive modes, respectively; the tether to be charged 1/3 of the

time during a polar pass (i.e., either going downstream or upstream and having

a 30� safety margin); the polar pass to last for 470 s; and the moment of inertia

to be 0.35 kg·m2. Such a tether length is set by keeping the tether tension within380

the 0.3 and 3 cN limits and deploying the maximum tether length with a single

spin-up manoeuvre (see Subsection 5.1). The experiment can continue with a

longer tether (up to 300 m) whose deployment requires an additional angular

momentum, which can be provided either by an attitude control system (as with

the initial spin-up) or using the CDP itself in the case that the SRM experiment385

is successful.

The actual deorbiting rate with an 11-m tether in a reasonable time frame

(e.g., half a year) is about 3 km, which is challenging to verify with the Simplified

General Perturbation (SGP)-model measurement [36]. Using Equation 1, we

estimate that the satellite would deorbit by 10 km in half a year, with 30 m of390
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the tether out and assuming a 0.5 attitude factor (i.e., the worst-case scenario,

when the tether is perpendicular to the plasma ram flow for only half the orbital

time). Such an altitude change can be estimated with the SGP model and,

therefore, at least 30 m of the tether is required to be deployed. In order to

demonstrate the plasma brake for e↵ective deorbiting (i.e., useful for operational395

missions after their lifetime), at least 150 m of the tether should be unwrapped.

Such a length would secure a 10-km-per-month deorbiting rate.

ESTCube-2 will be able to measure the orbital change by employing Radio

Frequency (RF) ranging, as described in Subsection 4.3, and FORESAIL-1 will

achieve this by retroreflector laser ranging, as described in Subsection 5.2.400

3.2. Risk assessment

The mission failure risks concern the malfunction of a deployment mechanism

or high-voltage source, insu�cient or excessive centrifugal force for deployment,

or the tether being damaged or cut by micrometeoroids or already-existing space

junk. While most risks are handled by engineering solutions, the tether is more405

vulnerable to natural factors, which will be considered here.

In the case of the ESTCube-2 and FORESAIL-1 tethers, the 10-µm and

3-cm impact fluxes are relevant, as the first is a hazard to the single tether’s

wires, and the second impactor is capable of cutting the entire tether in one

go (Figure 7). A typical 2-cm-wide and 300-m-long tether has an area of410

At = 6 m2. According to the MASTER-2009 model version 7.02 for the year

2025, meteoroid and debris fluxes at an 800-km altitude (which is one of the

most populated regions) for 3-cm and 10-µm impact fluxes are equivalent to

�1 = 1.6e�5 m�2 per year and �2 = 328 m�2 per year, respectively. This

results in Pt/1 = At ⇥ �1 = 9.6e�5 (0.0096%) single-blow breaking probabil-415

ity per year or Pt/2 = 1.92e�4 (0.0192%) per two years – the duration of the

mission. A single wire’s surface area is Aw = 1.08e�5 m2 with a correspond-

ing fatal flux of �2. The breaking probability of the tether’s single wire is

Pw/1 = Aw ⇥ �2 ⇡ 3.5e�3 (0.35%) per year or Pw/2 ⇡ 7e�3 (0.7%) for the

mission duration. Taking into account the tether’s four segments (Figure 7),420
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the breaking probability per tether’s cell is equivalent to Pc/2 = P 4
w/2 = 2.4e�9

within two years. If one assumes that cells are 10 cm long, a 300-m-long tether

will have Nc = 3000 cells (see Subsection 2.2). This results in a total breaking

probability of PW/2 = Nc⇥Pc/2 = 7.2e�6 (7.2e�4%). Hence, the total breaking

probability of such a tether is Pt/2 + PW/2 ⇡ 0.02% over two years by 10-µm425

and 3-cm fluxes.
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Figure 7: A schematic of tether’s impact probabilities.

The safety risk is relevant to active space assets, since the system is quite

large, considering the length of the deployed tether. If the tether or part of it

were to collide with other spacecraft at orbital hypervelocity, no significant harm

or damage to the object, the tether collides with, would occur. Linear scratches430

resulting from such an accident would be equivalent to ones that spacecraft

experience constantly under nominal operation. Optical elements are typically

protected by ba✏es. If the collision happens with solar cells, it might cause a

short circuit via the conductive tether; however, it was estimated that the tether

will evaporate in a hypervelocity impact [37]. The typical atmospheric density435

for a 600-km altitude is 2.4e�13 kg·m�3. Considering the tether’s cross-sectional

area and mass-per-length properties, the resulting acceleration is 1.3e�4 m·s�2.

Decreasing the altitude by 200 km requires 100 m·s�1 delta-v, which is, by a

conservative estimate, obtained in nine days in the case of an aluminium tether

and two months in the case of a gold tether. The atmospheric density for an440

800-km altitude is 11 times smaller than for 600 km. From an orbital altitude

of 800 km, a loose tether piece deorbits passively in 3.3 months in the case of

an aluminium tether and in two years in the case of a gold tether. Moreover,

if passive electrodynamic and electrostatic e↵ects, as well as the atmospheric
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density function in relation to altitude, are taken into account, deorbiting time445

becomes even shorter.

4. ESTCube-2

The ESTCube-2 platform is being developed by devoted volunteers of the

Estonian Student Satellite Foundation [38, 39]. Supervision, laboratories, in-

tegration and quality control are provided by Tartu Observatory, University of450

Tartu. The ESTCube-2 layout is shown in Figure 8. The satellite is planned

to be launched in 2021. The focus of this paper is the satellite’s main mission

– to estimate the CDP force in the ionosphere in positive and negative modes

and to demonstrate deorbiting with the plasma brake. ESTCube-2 has several

technology demonstration experiments that are briefly described in this section.455

• Demonstrate technologies of a highly-integrated nanospacecraft platform

(one cubesat unit) which could be used for deep-space missions outside

the Earth’s magnetosphere – star tracker, Reaction Wheels (RWs), Cold-

Gas Propulsion (CGP) and RF ranging. The CDP’s positive mode would

also provide propellantless means of propulsion in interplanetary space460

(electric solar wind sail).

• Demonstrate Earth observation with a multispectral imager (Tartu Ob-

servatory).

• Demonstrate high-speed communications with the Software Defined Ra-

dio (SDR)-type transceiver based on the Field-Programmable Gate Array465

(FPGA) (Ventspils University of Applied Sciences).

• Demonstrate shielding performance by nanostructured coating against

ATOX, and multilayered material against radiation (Institute of Physics,

University of Tartu).

• Demonstrate a miniature science-grade magnetometer.470
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Figure 8: ESTCube-2 anatomy.

4.1. Attitude and orbit control system

The requirements for the ESTCube-2 Attitude and Orbit Control System

(AOCS) are given in Subsection 2.1. While deployment of an 11-m tether

within given tension limits requires about 130 deg·s�1 initial angular veloc-

ity (see Subsection 5.1 for more details), here we simulate a case of spinning up475

to 360 deg·s�1. During the mission, the target spin rate can be easily limited, or

a high spin rate can even be used if the tether turns out to withstand a higher

tension. The satellite spin-up and pointing of the imager requires three-axis

attitude determination, which, in turn, sets a high demand for on-board com-

putations. Since the platform will be demonstrated for future use outside the480

Earth’s magnetosphere, the use of magnetorquers and magnetometers is to be

minimised.

ESTCube-2 attitude determination uses Sun sensors, gyroscopes, accelerom-

eters and a Star Tracker (ST) with on-board magnetometers. See more details

on the ST in Subsection 4.2. Sun sensors are developed in-house. Each Sun485

sensor consists of two single-row image sensors. Using a pair of two perpendic-

ular single-row sensors, the complete Sun angle can be determined without the

need for a matrix sensor, which helps to reduce the computational complexity.

Four Sun sensors are placed on the satellite’s large sides (+x, �x, +y and �y
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shown in Figure 8). The sensor mask design is similar to the double-slit ones490

used on ESTCube-1 [40]; however, the analogue sensor has been replaced with

a single-row image sensor S9226 (from Hamamatsu), which provides the ability

to filter out the albedo and provide more accurate results.

The primary actuator of the satellite’s attitude control system comprises

three compact RW210 RWs (from Hyperion Technologies). The smallest ver-495

sions will be used on-board ESTCube-2, and each will provide the satellite with

1.5 mN·m·s of momentum storage and 0.1 mN·m of torque.

ESTCube-2 is equipped with a CGP module NanoProp (from GOMspace).

This 0.5-unit module provides a total of 40 N·s of momentum change via four

thrusters located at the corners of the module on the �z side (Figure 8). The500

tank contains 50 g of liquid butane. Each of the thrusters has a resolution of

10 µN and can provide a maximum thrust of up to 1 mN. CGP will be used to

desaturate RWs after spin-up manoeuvres, which is a critical functionality to

test for future CDP missions.

The satellite hosts three-axis magnetorquers, which are manufactured in-505

house and are similar to the coils used on ESTCube-1 [40]. While ESTCube-1

employed coils as the primary means of attitude control, ESTCube-2 will min-

imise their use and keep them as a redundant backup option. The magnetor-

quers will mostly be used to desaturate the RWs when it is necessary to improve

pointing capabilities.510

A new Unscented Kalman filter has been developed for ESTCube-2. The fil-

ter combines measurements from multiple sensors to give an accurate prediction

of the satellite’s orientation, even if one or more of the redundant sensors cannot

be used (e.g., Sun sensors during eclipse) or are malfunctional. The estimated

attitude is, in turn, used by the various control algorithms that detumble, point515

or spin-up the satellite.

The aim of this preliminary study is to demonstrate that the ESTCube-2

AOCS can fulfil the spin-up-manoeuvre requirements, with a substantial margin

to account for the limited scope of simulations. The simulation relies on the

physical characteristics provided by the computer-aided design model of the520
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satellite. The satellite body, thruster system and RWs were combined into a

single dynamic system. The friction of the RWs was assumed to be negligible

during the simulation.

The spin-up manoeuvre is divided into three di↵erent parts akin to the di↵er-

ent tasks of the control algorithms – detumbling, pointing and spin-up. An ini-525

tial angular velocity of ⇡6 deg·s�1 in every direction was introduced to demon-

strate detumbling. After achieving a satisfactory stability of ⇡6·10�4 deg·s�1,

the satellite was given a command to point its spin axis (+x) towards �y of

the inertial reference frame. This serves as a simple substitute for any required

axis. Afterwards, the satellite was commanded to spin-up along the acquired530

+x axis, up to an angular velocity of 360 deg·s�1.
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Figure 9: ESTCube-2 spin-up simulation. The red line shows the deviation of the satellite

spin axis from the required heading. The blue line shows the angular velocity of the satellite

around its spin axis.

As shown in Figure 9, the detumbling phase takes about 90 seconds to

bring the satellite to a complete stop. The pointing phase then reduces the

pointing error between its spin axis and the desired axis with 1 g of propellant.

Pointing takes about an hour to conserve the propellant. The following spin-up535

phase takes about three hours and uses 26 g of propellant. After 360 deg·s�1

was achieved, the actuators were shut down, marking the completion of the

manoeuvre. The final speeds for the +x, +y and +z RWs were 46, 10 and
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�128 rad·s�1, respectively, whereas the upper limit is ⇡1100 rad·s�1, meaning

the RWs were nowhere close to saturating during such a spin-up manoeuvre.540

4.2. Deep-space-technology demonstrations

The electric sail is well-suited to enable a mission with fleets of nanospace-

craft, such as the Multi-Asteroid Touring concept [41]. However, several other

technologies must be developed and demonstrated to enable such a radical

change in interplanetary exploration: miniature RWs and CGP for attitude and545

spin control; miniature ST; optical navigation near a target and in deep space;

communication solutions that would not rely solely on deep-space networks.

Moreover, the components require characterisation with extended testing for

a high-radiation environment and prolonged lifespan. As described in Subsec-

tion 4.1 and below, ESTCube-2 is taking the first steps in developing and test-550

ing such technologies in LEO. The ST functions can further be combined with

near-target and deep-space optical navigation/orbit determination [42, 43, 44].

Without strict requirements for ranging with deep-space networks, an alterna-

tive communications approach can be envisioned [45].

The ESTCube-2 ST is being developed in-house from scratch. For the cur-555

rent mission, the ST serves as a source of high-accuracy attitude mostly required

for pointing the imager. In missions outside the Earth’s magnetosphere, the ST

will provide the main attitude reference and can be used to track other objects

when they are su�ciently bright. For example, if the CDP is to be demonstrated

in lunar orbit (see Subsection 6.1 for more details), the ST can be used as an560

Earth and Moon sensor and for navigation purposes using planets of the Solar

System at greater distances.

The ST uses an 1/2.5-inch MT9P031 monochrome Complementary Metal-

Oxide Semiconductor (CMOS) image sensor (from ON Semiconductor) and a

high-resolution imaging lens with 16-mm focal length and F/1.2 aperture for565

taking images of the stars. The combination of the sensor and optics yields a

21.5� ⇥ 15.7� Field of View (FoV). The sensor is configured and read out by

a Cyclone IV FPGA, that is also used to calibrate read-out data using dark
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frames, and to detect the stars – their positions on the sensor’s pixels and

brightness. Detected stellar positions are sent to a STM32F401 MCU (from570

STMicroelectronics), where they are corrected for known optical distortions.

After that, when true stellar positions are known, geometric patterns are created

based on them, and patterns are matched to the stellar pattern hash catalogue

using a geometric hash algorithm. A preprocessed star catalogue in the form

of computed geometric hashes, containing information about stars up to a 5.5575

magnitude, is stored on-board in a 256 Mb flash memory. After the identification

of the stars, the coordinates of the centre of the FoV can be found. The expected

accuracy, which corresponds to one pixel, is 28” or better. Celestial coordinates

of the FoV, corresponding to the midpoint of exposure time, are sent to the

AOCS for use in the Unscented Kalman filter. The nominal ST exposure time580

will be 0.1 s and the expected position-update frequency better than one second.

4.3. Radio-frequency ranging

The RF ranging experiment on-board ESTCube-2 is designed for a ground-

based ranging topology, conceptualising a reverse Global Positioning System

(GPS). The experiment consists of multiple Ground Stations (GSs) that receive585

signals from the satellite. Each GS is equipped with external time and frequency

markers, provided by a custom-built module of the ESTCube-2 team, which are

time-synchronised using the GPS. The precise time and frequency markers gen-

erator modules will inject the signal to the GS receiver input, together with the

received signal from the satellite. The RF signal, along with injected time and590

frequency markers, will be recorded at each participating GS, and recordings

will be forwarded to a data-processing node where time of arrival can be cal-

culated for each received packet. A modular approach is implemented, as no

significant changes in the GS hardware are required as long as the station has

RF-recording capability; therefore more GSs can be included later on as well.595

The experiment requires the satellite to continuously transmit data during

an entire pass and GSs to receive multiple data packets. One can obtain the

location coordinates of the satellite and the time by triangulation, which is
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achieved by correlating signals of multiple GSs. At least five GSs are required

in order to obtain decently-accurate location coordinates. Additional GSs would600

naturally improve accuracy.

It becomes comparatively easier to track a satellite with known altitude and

position – a two-line element-based approach is already su�cient for tracking

(for communication purposes); however, the absolute position in space is known

with an accuracy of a few kilometres. The change in altitude can be analysed for605

both natural aerodynamic drag and CDP-induced change in altitude. Change

in orbit can be measured by calculating the Doppler shift and di↵erence in the

time-of-signal packet received at each GS. Triangulation can be conducted once

a week in order to determine the deorbiting rate, which would greatly improve

the altitude/time resolution compared to the SGP model, which uses two-line610

elements as an orbital parameter input.

4.4. ESTCube-2 bus and other payloads

The ESTCube-2 bus consists of the OBC for telemetry handling, data logging

and storage; the Electrical Power System (EPS) for power collection, storage

and distribution, including Side Panels (SPs) for power harvesting; the COM-615

munication system (COM) for telemetry; ST; and AOCS (see Subsection 4.1).

The aforementioned subsystems are integrated into a 96⇥96⇥60-mm3 volume.

The bus schematic is shown in Figure 10.

The OBC handles the operations of all subsystems and payloads, runs the

AOCS algorithms and stores housekeeping and telemetry data. The central com-620

puter of the satellite is an STM32F767II, which is an ARM-Cortex-M7-based

MCU. The MCU features 512 kB of Static Random-Access Memory (SRAM)

and 2 MB of a flash memory. At least two images of firmware are stored on

the processor for redundancy. The OBC is at the centre of all internal com-

munications; the avionics stack is connected via three Internal Communication625

Protocol (ICP) buses, and the payloads are connected via two Cubesat Space

Protocol (CSP) buses.

SPs host antennas and the Corrosion-Resistance Experiment (CRE) on the
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Figure 10: Overview of the ESTCube-2 bus.

+x side and provide an opening for the Earth-Observation Payload (EOP) (+x

side), electron emitters (+x side) and the ST (�x side) (Figure 8).630

The EOP is a multispectral imaging system comprising of two single-band

imagers based on the European Student Earth Orbiter (ESEO) secondary cam-

era [46]. The cameras use COTS Zeiss Sonnar T* optics with a focal length of

50 mm and F/1.5 aperture. The sensor is the MT9P031 (from ON Semiconduc-

tor), which is a CMOS sensor with a 2.2-µm pixel pitch. The imager has a 9.56�635

diagonal FoV and ground-sampling distances of about 22 m and 31 m at alti-

tudes of 500 km and 700 km, respectively, both cases without possible smearing.

The diameter of the ideal di↵raction image is 1.4 times smaller. The spectral

bands are 857 nm and 660 nm, both with 30 nm full width at half maximum,

which are implemented with Semrock bandpass filters from the BrightLine HC640

series.

The High-Speed-COMmunication system (HSCOM) is an FPGA-based (re-

programmable in orbit) SDR-type transceiver, which supports the use of vari-

able envelope modulation schemes in nanosatellites. The main objectives of

the payload are to ensure a high-data-rate downlink channel for data collected645

by on-board payloads and to evaluate the use of dynamic adaptive coding and

modulation modes in nanosatellites’ communications systems. The HSCOM op-

erates in amateur-radio-frequency bands: the 5830–5850 MHz band for downlink
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(up to 25 Mbps) and 5650–5670 MHz band for uplink.

A compact CRE module has been designed to study the corrosion of ma-650

terials and protective coatings in LEO caused by ATOX, as well as to study

the radiation-shielding e�ciency of multilayered smart materials. The mod-

ule is partially external, with the tested materials sitting outside the satellite

and exposed to the space environment, while the measurement electronics and

radiation sensors are placed inside. The CRE will be carried out with two alu-655

minium wires (diameter 250 µm) wrapped around a holder; one of these wires

will be coated with a patented nanostructured ceramic coating [47]. The cor-

rosion behaviour of the wires will be monitored by measuring their electrical

resistance [48]. It is estimated that the uncoated aluminium wire will be ox-

idised and eroded due to interaction with the high-velocity ATOX, causing a660

decrease in its conductive cross-sectional area and, therefore, an increase in its

electrical resistance (10–50 m⌦ over the 2-year mission). Additionally, a custom

multilayered material will be evaluated for radiation shielding e�ciency; the first

outer layer reduces the energy and intensity of secondary radiation created by

high-velocity charged particles, and the next layer consists of multiple sublayers665

that absorb high-energy electromagnetic radiation.

The CubeMAG magnetometer on-board ESTCube-2 will be used to mea-

sure magnetic-field fluctuations at exospheric altitudes. Earlier ground-based

measurement studies showed continuous magnetic fluctuations that are mainly

due to auroral substorms, ground pulsations and geomagnetic storms [49]. Con-670

tinuous magnetic measurements by the CubeMAG are aimed above the auroral

oval during both quiet and strongly disturbed geomagnetic conditions. The

Sun is known to be the ultimate source of the fluctuations, but disturbance

transfer to ionospheric and atmospheric altitudes is not known in detail [50].

The instrument is based on the three-axis magnetic sensor hybrid (Honeywell675

HMC1001 and HMC1002), with a total instrument mass of 6 g and sensor di-

mensions 18.9⇥26.6⇥11.5 mm3. The analogue-to-digital converter sample rate

is 1 kS·s�1, the peak power consumption is 240 mW, and the average power

during measurement sessions is less than 50 mW. For separating the magnetic
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fluctuations from external and internal sources, calibration magnetometers are680

placed in each side of the satellite. The magnetic data, acquired for full orbits

(data rate <1 MB per orbit), are used to calibrate the instrument and examine,

over time, how these magnetic disturbances evolve.

5. FORESAIL-1

FORESAIL-1 is the first in the FORESAIL mission series developed by the685

Finnish Centre of Excellence for Sustainable Space [51]. The centre is led by the

University of Helsinki, and the satellite platform is being developed by Aalto

University. The FORESAIL subsystems have been designed to sustain high radi-

ation dose levels and be adaptable for operation in LEO, geostationary transfer

orbit and deep space. The FORESAIL-1 layout is shown in Figure 11. The690

satellite is planned to be launched into LEO in 2020. In addition to deorbiting

demonstration, the satellite carries several other experiments that are briefly

described in this section.

• Demonstrate a retroreflector for accurate orbit determination, which can

be used to estimate the deorbiting rate and track the satellite after the695

mission lifetime (Aalto University).

• Measure radiation belt losses using the PArticle TElescope (PATE) (Uni-

versity of Turku).

• Test a magnetometer, which could be used in the FORESAIL-2 mission

(Aalto University). See Section 6 for more details on FORESAIL-2.700

• Prepare the platform for the high-radiation FORESAIL-2 mission (Aalto

University).

5.1. Attitude determination and control

The ADCS is responsible for ensuring correct attitude modes during di↵erent

operation phases. The common requirement of FORESAIL-1 experiments is to705
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Figure 11: FORESAIL-1 anatomy.

spin the satellite, with its rotation axis pointed to di↵erent directions depend-

ing on the payload requirements. To achieve this, FORESAIL-1 is equipped

with three-axis magnetorquers as the only actuators as well as three-axis gyro-

scopes, three-axis magnetometers and Sun sensors for attitude determination.

The magnetorquers are designed to produce a maximum magnetic moment of710

0.2 A·m2 on the axes along the two short sides of the satellite and 0.1 A·m2 on

the axis along the longer side of the satellite.

The CDP payload’s most demanding requirement is the total momentum

required for spinning-up the satellite in order to reel out the tether while main-

taining the required tether tension. The satellite’s moment of inertia increases715

significantly as the tether is reeled out. Besides spinning-up, a spin-down control

is required because the tether needs to be reeled back in to continue observations

with PATE.

Figure 12 shows a possible tether-deployment strategy to maintain the al-

lowed tether tension (see Section 2.1) during a 40-m tether deployment. The720

solid lines represent the minimum and maximum angular rates based on the
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upper and lower tether tension limits, while the dashed lines show the angular

rate of satellite as the tether is reeled out given di↵erent initial angular rates.

To reel out 40 metres of the tether, we need to spin-up with the total momen-

tum equivalent to spinning-up the satellite to 1100 deg·s�1 before deployment.725

However, the upper tension limit is exceeded during the first 20 m in such a

strategy. Hence, initial deployment of the first 11 m is executed by spinning-

up the satellite to 130 deg·s�1 with subsequent spin-up manoeuvres afterwards

executed either by the CDP force itself or the ADCS, both of which require

further study.730
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Figure 12: FORESAIL-1 initial tether-deployment strategy.

Magnetorquers can only produce torque in the plane perpendicular to the

ambient magnetic field, and thus rely on variation in periodicity of the Earth’s

magnetic field direction in polar orbit to provide full controllability across all

three axes [52]. Attitude control for a spin-stabilised satellite with only a mag-

netic actuator has been developed previously [53, 54, 55] and is applied to735

FORESAIL-1. Figure 13 shows the simulation result of spinning-up the satel-

lite from a detumbled condition to a spin rate of 130 deg·s�1 around the y-axis.

Figure 14 shows the pointing error of the y-axis itself and the actual spin axis

during the same spin-up sequence, which is controlled to align with the z-axis

of the inertial frame (coordinate system in accordance with Figure 11).740

33



0 2 4 6 8 10 12
Time [hour]

0

20

40

60

80

100

120

An
gu

la
r r

at
e 

[d
eg

/s
ec

]

x
y
z

Figure 13: FORESAIL-1 angular rate during initial spin-up for 11-m tether deployment.
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Figure 14: FORESAIL-1 pointing error during initial spin-up control.

5.2. Retroreflector

The retroreflector, also known as a corner cube prism, on board FORESAIL-

1 comes with an aluminium enclosure. The retroreflector is attached to its

enclosure with epoxy and occupies a 25⇥14⇥10-mm3 space. The entire assembly

is attached to the outer frame of the satellite with two screws (see Figure 11).745

There are six retroreflectors on the satellite, one for each side.

The main objective of the retroreflectors is the orbit determination of the
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satellite. It is achieved with ground-based laser ranging, where, ideally, two

stations observe FORESAIL-1 simultaneously. The planned wavelength of the

centre frequency is 532 nm.750

The orbital data is used to estimate the deorbiting rate caused by the plasma

brake. Additionally, the retroreflectors provide high-accuracy orbital tracking

after the mission lifetime of a satellite. This helps to track non-operational

satellites in orbit and reduce the uncertainty of collision predictions with other

space assets. It also serves as a tool that helps to simulate the atmospheric755

re-entry of bigger objects.

5.3. FORESAIL-1 bus and other payloads

The avionics stack of the FORESAIL-1 satellite consists of necessary sub-

systems attached together using 52-pin stack connectors; it is housed in the

aluminium enclosure.760

The EPS consists of body-mounted solar panels, power-conditioning, power-

distribution and battery units [56, 57]. The solar panels are mounted on every

long side of the satellite. The power-conditioning unit consists of four parallel

buck converters, each performing Maximum Power Point Tracking (MPPT) on

its respective solar panel.765

The OBC is based on a radiation-hardened ARM-Cortex-R4 core Hercules

MCU. It is responsible for computation, communication and data retention,

running the ADCS algorithms, operational work during CDP and PATE oper-

ations, and collecting all relevant telemetry data for downlink [57]. For fault

tolerance, the OBC houses two cold redundant symmetric processors. Only one770

of the processors is active and powered. The arbiter switches the control to the

redundant processor in the case of a failure.

The telemetry, tracking and command subsystem operates at 437.125 MHz

in the Ultra-High Frequency (UHF) band for both uplink and downlink. The

design consists of an MCU and two cold redundant transceivers with dedicated775

transmission and reception paths [58]. A UHF band turnstile antenna attached

to the satellite structure connects to the transceiver board using a single connec-
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tor. The subsystem consists of a CC1125 transceiver (from Texas Instruments)

with a maximum output power of 15 dBm (30 mW), and an external power

amplifier (RF5110G from Qorvo) to amplify the power to the desired 1.5 W in780

the transmit chain. In the receive chain, the subsystem consists of a low-noise

amplifier and a band-pass filter.

The PATE on board FORESAIL-1 is an assembly consisting of two colli-

mated stacks of solid-state detectors, sensitive to electrons (at 80–800 keV),

protons (at 0.3–10 MeV), and neutral hydrogen atoms (at 0.3–10 MeV). The785

two solid-state telescopes are mounted at right angles to each other: one viewing

along the rotation axis of the spacecraft and the other scanning the sky as the

satellite is rotating, thus providing a measurement of pitch-angle distributions

of charged particles. The main objectives of the PATE are (i) to measure the

flux of electrons with a good pitch-angle resolution to separate precipitating and790

trapped populations, and (ii) to determine the flux of hydrogen from the solar

direction, which enables measurement of energetic neutral solar atoms using

the geomagnetic field as a filter. The instrument has a mass of 1.0 kg, a power

consumption of about 2.5 W, and outer dimensions of 14.4⇥9.4⇥9.4 cm3. The

energy resolution of the flux channels is �E/E ⇡ 40%, the time resolution is795

15 s, and the angular resolution is 10�.

The magnetometer design is based on an anisotropic magnetoresistance tech-

nology and employs two sensors (Honeywell HMC1001 and 1002). The mea-

surement system of the magnetometer implements a feedback loop and flipping

technique for extrinsic and intrinsic noise cancellation, using an analogue-to-800

digital converter to measure the bridge output, a digital-to-analogue converter

to set the o↵set-strap current, and an MCU to control the system. The existing

prototype has been designed for a limited power budget, and it consumes less

than 100 mW, while having a noise floor close to the noise limit of the sensor.

It works in a field strength up to 20 µT, and the design can be further modified805

for higher strengths, if required.
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6. Future prospects and scaling

6.1. Coulomb drag demonstration in various plasma environments and solar

wind

The upcoming demonstration missions include i) FORESAIL-2 to charac-810

terise the Coulomb drag force depending on various plasma parameters and ii) a

mission to the solar wind to demonstrate the electric sail in its authentic envi-

ronment. The FORESAIL-2 mission is currently being designed by the Finnish

Centre of Excellence for Sustainable Space. It will demonstrate the feasibility to

utilise and characterise a nanosatellite and its instruments for scientific purposes815

in a high-radiation environment. While the primary objectives are related to the

Ultra-Low Frequency (ULF) wave characterisation using a magnetometer and

the relativistic electron and proton experiment, the Coulomb drag experiment

can contribute by estimating the plasma density. This is done by measuring the

tether current, which in turn characterises the capacitance of the tether with820

respect to the surrounding plasma. Plasma-density measurements will provide

deterministic information as to whether the spacecraft is inside or outside the

plasmasphere. Since ULF characterisation requires measurements to be taken

at altitudes up to five Earth radii in distance, such diverse plasma environments

can be used to characterise the relationship between the Coulomb drag force and825

plasma density from the ionosphere to the outside of plasmasphere, as well as

to characterise the relationship between the Coulomb drag force and the tether

voltage.

Roadmaps for both teams include demonstrating the electric sail in the solar

wind, and an independent team has proposed possible translunar trajectories830

around or beyond the Moon’s orbit [59]. Due to the complexity and cost of such

a mission, it will likely be a collaborative e↵ort between FORESAIL, ESTCube

and other teams. Mission design and technology development remains in the

realm of our future work.
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6.2. Coulomb drag propulsion for deorbiting835

The CDP payload has been designed for experimental purposes. If the in-

orbit results correspond to the results and predictions of simulations, the system

will be considered for larger satellite (above 500 kg) and higher orbital altitude

(up to 1200 km) customisation. Taking into account the thrust (Equation 1),

higher thrust can be achieved by increasing the e↵ective Debye length, which840

corresponds to the number and length of tethers, as well as their voltage. The

tether voltage is a somewhat limiting factor, as it is driven by the field-emission

restriction point that adds an ionic current gathered by the tether and conse-

quently increases the power consumption [34]. The limitation of the number of

tethers is determined by the deployment method, and restriction of the length845

by the manufacturing and collision risk. The main requirement for such a pay-

load is to be independent, meaning the system must be able to decrease the

orbital altitude of the spacecraft in the case of a failure or at the end of a mis-

sion without requiring satellite subsystems to be functional, except for basic

pointing ADCS manoeuvres in the initial phase.850

Centrifugal deployment is not preferred for operational missions and would

require a fully-functional spacecraft and its ADCS. The tether can be deployed

by a miniature CGP or electrospray thruster on its tip, which makes deployment

more complex, consequently increasing the price and decreasing the reliability of

the system. A gravity-gradient-stabilised tether attached to a short tape tether,855

that is initially deployed by the spring, has been studied previously [37]. This

study showed the feasibility of such an independent system that is limited to

two tethers – one deployed downwards (towards Earth) and the other upwards

(to higher altitudes in relation to the satellite). The downward tether will

be stretched by the gravity gradient and the upward tether by a higher orbital860

speed. The deorbiting time of a satellite equivalent to SpaceX’s Starlink (150 kg)

or OneWeb (227 kg) from a 1200-km altitude is under 25 years, including the

margin with the 5-km tether system. It has been estimated that a 200-kg object

can be deorbited from a 1200-km altitude, and an 800-kg satellite from a 850-

km altitude in 11 years [37]. However, this value largely depends on the exact865
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orbital parameters and the space weather, as discussed in Subsection 3.1.

6.3. Coulomb drag propulsion for interplanetary voyage

The propulsion e↵ect of CDP depends on the length and the number of

tethers. An interplanetary spacecraft would require an electron emitter to keep

the tether’s bias positive in order to operate in the solar-wind environment.870

While complex multi-tethered concepts have been discussed in the past [60, 61,

62], covering missions to non-Keplerian orbits as well as inner- and outer-Solar-

system rendezvous and flybys, the latest study shows the feasibility of a fleet

of autonomous nanospacecraft to reach the main asteroid belt and return to

Earth’s vicinity with a single 20-km tether in 3.2 years [41]. Analyses show875

that cubesat-esque nanospacecraft could indeed perform surface and trajectory

reconstructions as well as provide spectral information on asteroids with shape

reconstruction possible during a 300-km flyby [42].

7. Conclusions

This paper presents a novel deorbiting method based on Coulomb Drag880

Propulsion (CDP) for satellites in Low Earth Orbit (LEO). The experiment

will be carried out by two independent three-unit cubesat missions – ESTCube-

2 and FORESAIL-1. The thrust will be estimated in spin-rate modification

mode and by decreasing the orbital altitude. The change in spin rate will be

measured by the attitude determination and control system and is expected885

to be ⇡0.1 deg·s�1 during one polar pass, in which the experiment is per-

formed. The deorbiting rate over 10 km can be determined from the orbital

elements over a period of six months. More precise orbit determination includes

a radio-frequency ranging experiment for ESTCube-2 and a retroreflector for

FORESAIL-1. While each satellite is equipped with a 300-m-long tether, as890

a conservative minimum, the estimated spin-rate change is given for deploying

the first 11 metres and the deorbiting rate for a 30-m tether. The performance

improves as more tether is deployed.
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Key aspects of CDP deorbiting have been demonstrated in this paper: i) sys-

tem requirements, deployment and operations; ii) technologies for CDP, includ-895

ing the tether, deployment mechanism and high-voltage source; iii) the system

performance and risks. The paper briefly describes missions and other payloads

of each cubesat. Roadmaps are drawn for positive CDP demonstration, known

as the electric sail, in its authentic environment – the solar wind. The FORE-

SAIL team is preparing a high-radiation-tolerant platform and instrumentation900

to characterise the Coulomb drag in various plasma environments on board

FORESAIL-2. The ESTCube team is preparing to demonstrate (i) the elec-

tron emitters, required by the electric sail, (ii) attitude and orbit control, and

(iii) communications, all adoptable for deep-space nanospacecraft operations.
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development of the required electronics. The Laboratory of Thin Film Tech-

nology, Institute of Physics, University of Tartu prepared the coating for the

Al-wire, and also purchased the wire and its holder with the help of Estonian-930

Ministry-of-Education-and-Science-funded projects IUT2-24 and TK141.

References

References

[1] R. Corfield, Sputnik’s legacy: the drama that led to the Soviet Union’s

launch 50 years ago this month of the first artificial satellite – Sputnik 1,935

Physics world (10) (2007) 23.

URL https://iopscience.iop.org/article/10.1088/2058-7058/20/

10/30/meta

[2] A. Darya, I. Fernini, Analysis of Space Debris Re-Entry over the Arabian

Peninsula (2004 to 2018), in: 2018 International Conference on Signal Pro-940

cessing and Information Security (ICSPIS), 2018. doi:10.1109/CSPIS.

2018.8642726.

[3] Inter-Agency Space Debris Coordination Committee, Stability of the

Future LEO Environment, IADC-12-08 Rev.1 (2013) 22.

URL https://www.iadc-online.org/Documents/IADC-2012-08,945

%20Rev%201,%20Stability%20of%20Future%20LEO%20Environment.pdf

[4] T. Wang, Analysis of Debris from the Collision of the Cosmos 2251 and

the Iridium 33 Satellites, Science and global security (2) (2010) 87. doi:

10.1080/08929882.2010.493078.

41

https://iopscience.iop.org/article/10.1088/2058-7058/20/10/30/meta
https://iopscience.iop.org/article/10.1088/2058-7058/20/10/30/meta
https://iopscience.iop.org/article/10.1088/2058-7058/20/10/30/meta
https://iopscience.iop.org/article/10.1088/2058-7058/20/10/30/meta
https://iopscience.iop.org/article/10.1088/2058-7058/20/10/30/meta
https://iopscience.iop.org/article/10.1088/2058-7058/20/10/30/meta
http://dx.doi.org/10.1109/CSPIS.2018.8642726
http://dx.doi.org/10.1109/CSPIS.2018.8642726
http://dx.doi.org/10.1109/CSPIS.2018.8642726
https://www.iadc-online.org/Documents/IADC-2012-08,%20Rev%201,%20Stability%20of%20Future%20LEO%20Environment.pdf
https://www.iadc-online.org/Documents/IADC-2012-08,%20Rev%201,%20Stability%20of%20Future%20LEO%20Environment.pdf
https://www.iadc-online.org/Documents/IADC-2012-08,%20Rev%201,%20Stability%20of%20Future%20LEO%20Environment.pdf
https://www.iadc-online.org/Documents/IADC-2012-08,%20Rev%201,%20Stability%20of%20Future%20LEO%20Environment.pdf
https://www.iadc-online.org/Documents/IADC-2012-08,%20Rev%201,%20Stability%20of%20Future%20LEO%20Environment.pdf
https://www.iadc-online.org/Documents/IADC-2012-08,%20Rev%201,%20Stability%20of%20Future%20LEO%20Environment.pdf
http://dx.doi.org/10.1080/08929882.2010.493078
http://dx.doi.org/10.1080/08929882.2010.493078
http://dx.doi.org/10.1080/08929882.2010.493078


[5] H. Krag, M. Serrano, V. Braun, P. Kuchynka, M. Catania, J. Siminski,950

M. Schimmerohn, X. Marc, D. Kuijper, I. Shurmer, A. O’Connell, M. Ot-
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